4.0 SUBSYSTEM CONCEPTUAL Other requirements placed on the telemetry
DESIGN processing function include the ability to provide
41  Command and Data Handling a variab_le bandwidth allocation for instrument
Subsystem (C&DH) data whlch would be selectgble_ by the science
team. This would be an in-flight variable
This section describes the requirements angarameter which would allow the science data
implementation for the Solar TErrestrial RElationscollection to be tailored to better view and study
Observatory (STEREO) C&DH subsystem.  splar events throughout the mission and to
. accommodate differing mission phases. A
4.1.1 C&DH Subsystem Requirements “Broadcast Mode” is also supported, in which a
The STEREO Command and Data Handlingsubset of instrument data will be collected,
(C&DH) System baseline design implements théramed and transmitted continuously at a 500
same architecture as that used on thbps rate, except during high rate data
Thermosphere, lonosphere, Mesospherdransmission periods. While playing back
Energetics and Dynamics (TIMED) spacecraftrecorder contents, the downlink system must also
The goal is to contain cost and risk by usindge able to support interleaving real-time data
identical designs where practical and upgradingith recorded data.
existing elements where necessary. A listing and
brief description of the C&DH system functional Mass Storage Of Science And Engineering
requirements follows. Data. The mass storage requirement calls for 5
Gbits of data volume reserved for science data

with additional room for housekeeping data,
Management. The C&DH system must be able overhead and margin. There is also a requirement

to decode and process Consultative Committe]%r simultaneous read/write capability to

for Space Data Systems (CCSDS) CornlDat'bl‘aa\ccommodate data collection while performing

commands received via the uplink as well as . : o
: downlink operations. In addition, random access
ones stored on-board. The uplink must be abl

. . capability is desired to rt re-transmission
to support two data rates. The nominal rate wil P y SUPPOrt re-transmissio

be 125 bits/second with a 7.8125 bits/seconaf lost downlink data without having to perform

. . 1ull recorder content mping. Error
emergency mode. A third data rate of 500 bits/ _contents du ping. Erro
. . management within the recorder will contain the
second is being evaluated.

error rate to <10° bit errors for data held for
Telemetry Data Processingielemetry transfer three days. There must also be a means of
frames generated by the C&DH system must bsupporting graceful degradation within the
CCSDS compatible. Science data is to be gathergdcorder to mitigate the potential loss of data
and stored at the combined maximum dataver time due to decreased recorder
generation rate of the instruments, approximatelperformance.

410Kbits/second. The downlink system must be

capable of supporting a real-time downlink modeExecute Autonomous Fault Protection . The

for each of the instruments individually. TheC&DH system must support any spacecraft
requirement for the maximum downlink data rateautonomous operations as implemented in
is derived as the rate required to transmit 5 Gbhitsardware and software. Some examples would
of science data (plus housekeeping) in a two-houre single-event-upset recovery andresponse to
DSN contact (actual downlink time). Providing monitored voltage or current telemetry
for margin, the maximum required downlink dataconditions with pre-programmed or hardwired
rate is 800 Kbits/second. actions.

Uplink Command and Stored Command
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Maintain and Distribute Universal Time (UT). formatting electronics as part of the C&DH
The C&DH hardware and software is requiredoperations. A command decoder, also a C&DH
to maintain UT to within a 0.1-second accuracyunction, resides within the Uplink Card. Figure
and distribute it to instruments and otherd-1 illustrates these functions within the IEM.
subsystems as required. The bold boxes identify the C&DH functions.
The IEM external dimensions are roughly 10
X13 X7 inches. The daughter boards are

Provide For Subsystem Intecommunication. . - . )
The C&DH system is the bus controller for thestandard SEM-E sized, having dimensions of

MIL-STD-1553B bus referred to as the C&DH roughly 8. 5x6 inches.
155.3 b_us. Itis requwe_d to manage this bus anﬁ:.M Internal Requirements Flow-down
maintain the communication schedule between

the C&DH system, power system, attitudeProcessor/1553 Subsystem. The hardware
control system and the instruments. requirements for the Processor/1553 Card are

driven by the C&DH software development and
execution requirements. The Central Processing
Unit (CPU) is required to be a 32-bit architecture
Integrated Electronics Module DefinitionfThe  with an approximate throughput of 3 million
C&DH electronics will be contained within a instructions per second (MIPS). The memory
single enclosure referred to as the Integratecequirements, based upon the TIMED C&DH
Electronics Module (IEM). It is a nine card software requirements, are 2 Mbytes of Static
system, partitioned into the functions identifiedRandom Access Memory (SRAM) for program
in Table 4-1. Communication between the cardsxecution and 4 Mbytes of Electrically Erasable
Programmable Read-Only Memory (EEPROM),
Table 4-1 IEM Subsystem Partitioning for program storage. The processor card is also
required to contain a MIL-STD-1553B bus port

4.1.2 Baseline Design Solution

No. off for communication with some of the instruments
IEM Subsystem Cards Function and the G&C system. A Peripheral Component
C&DH Processor/ 1| C&DH Interconnect (PCI) port is necessary for

1553 Card communication with other IEM subsystems
Command and 1| C&DH across the backplane.

Telemetry Card Solid State Recorder.  The total mass storage
Solid State Recorder 3| C&DH requirement for the recorder is on the order of 5
Downlink Card 1 | C&DHand RF | gigabits for science data plus room for
Uplink Card 1 | C&DH and RF |  housekeeping data, overhead and margin. Given
DC/DC Converter 2 | Power Subsystemthat the data storage rate is required to support

Card the Solar Corona Imaging Package (SCIP)

producing data at 400 kbps, a recorder peak write
is accomplished via interconnections routed omate of 450 kbps should be sufficient, providing
a printed circuit board backplane. greater than 10% margin. The peak read rate is

driven by a system requirement to be able to
Note that not all of the cards contain exclusivelydump the entire recorder contents in a two hour
C&DH functions. The Downlink Card, for (plus setup) Deep Space Network (DSN) pass.
example, contains primarily telecommunicationslo satisfy this requirement, a 7.5 Gbit recorder
electronics, but also contains telemetry framavill have to be read at approximately 800 Kbps,
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allowing for margin. Random access as well a€ard. It is required to take CCSDS compatible
simultaneous read and write operation must beommands from the uplink receiver command
supported. In order to support gracefuldetector (or from the ground support equipment)
degradation, the recorder must also provide and route them to the C&DH processor via the
means for mapping around bad memoryCommand and Telemetry (C&T) Card. All relay
elements. commands received by the command decoder,
whether from the uplink receiver or from the
Framer is a digital subsection of the down”nkC&_DH_processor, are routed to the power
switching subsystem under control of this

electronics. This logic is required to perform™. v, Th d decoder i ired t
the final transfer frame assembly to yield real-c'r(t:u' :y. € command | ecogr IS reql:jlreL_ ko
time, recorder and null telemetry frames Whicﬁje ect errors in any given t-ommand Lin
are then passed on to the downlink modulatopalnsrnISSIorl Unit (CLTU). If there is an error

The telemetry data is received from the C&D chaenscfzrrnt?;r:ed ClzTri’Jfocctsgsgryazedr:‘T;gzglnnggitlgss
Processor and locally buffered. The Framel =, =~ :
4 gelng in error. If desired for STEREO, the

must then serialize the data and add Reed-

Solomon encoding prior to transferring the datgommand decoder can also pr_ovu:_ie a hardwired
. gelay command sequence which is executed to

include the ability to pass modulator rnoole,|oerform an autonomous orderly load reduction
information from the C&DH processor Suchinthe event of a low bus voltage indication from

as bit rate and convolutional encoding selectiorjl'.he power subsystem.
1/2 or 1/6 convolutional encoding will be
selectable.

Downlink Framer Subsystenirhe Downlink

Remote Interface UnitSpacecraft temperature
information will be monitored, collected,
Uplink Command Decoder. The command converted from analog to digital and buffered
decoder is a digital function within the Uplink by five remote telemetry units, each of which is

Instrument High- To RF X-Band Antenna g
Power ate Diata Link Switch : Power
Rate Data Link  Power Amp  »WIIC UsoO

IEM

o]
i IEM Cards T

T 14T

. RF RF
Solid Solid Solid Command &
DCDC C&DH State State State Telemetry Downlink Uplink DC/DC
Zonverter Processor Recarder R vl Card Converter
ecordel ecorder Recorder LM Framer] | command
PCI I'F PCI I/F PCI LF PCIIF PCILF PCI UF Decoder
PCI Bus L |k / [
IEM Backplane F_II T
L & & L
= =
C&DH Redundant Discretes I*C Bus To Power
MIL-STD-1553B Bus Switching
Remote i
Interface 3 linls
- Units (80 Temps)
IEM E==-
= Command & Data Handling Functions Testbed
Figure 4-1 Integrated Electronics Module Configuration
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capable of acquiring data from 16 temperaturehange is accommodating the wider address bus.
sensors. A total of 80 temperature thermistor§hese changes are considered to be moderate in
can be monitored in this fashion. The five unitderms of the effort and risk. This study would
will communicate with the C&T subsystem in weigh the risk involved against the cost of
the IEM via a serial digitalinter-Integrated building and testing three copies of the existing
Circuit (1°C) bus. Each of the five units are daisy-TIMED design or purchasing an off-the-shelf
chained together via the bus and connected ttesign.

the IEM. Precautions are required to mitigate

the likelihood of a failure in a single RIU that4.1.4 Subsystem Mass, Power, and

disables the entire?C bus. The baseline Heritage

STEREO Remote Interface Unit (RIU) design
is an existing TIMED design which can be
replicated with no required changes.

Based upon values extrapolated from the
TIMED IEM design, the STEREO IEM
configuration will have an average power of
4.1.3 Candidate C&DH Trade Studies approximately 54 watts and a peak of 62 watts.
_ The total IEM mass is expected to weigh
Solid-State Recorder—Make vs. Bufhe  approximately 10.5 kg, to which is added the
justification for initiating a make-versus-buy mass of five RIUs (0.23 kg each), for a total

process is based upon the assertion that theregfapout 11.7 kg. As indicated throughout this
a potential for reducing the cost and perhaps cofocument, the IEM baseline design is to a large

military and aerospace system manufacturers. IR esigns are being migrated intact where

would be to seek an off-the-shelf component with e cessary in order to accommodate the STEREO

422) that would satisfy the mass storage

requirements as a self-contained unit. This woulg -
have to be weighed against the fabrication and _
testing of three copies of the existing TIMED#4-2.1  Introduction

design (six copies for the entire mission). It Will APL has responsibility for two primary elements
also be weighed against another optiongf the STEREO mission: the Spacecraft Bus
upgrading the existing TIMED Solid State (including integration and test with science
Recorder (SSR) design by integrating it on to gstruments), and the Mission Operations Center.
single board. Science instruments, the Science Operations

Solid-State Recorder—Upgrade By making Center, and their corresponding flight and
use of newer memory technologies andround software are the responsibility of the
packaging techniques, the SSR memory densifyoddard Space Flight Center (GSFC).

can be improved from 2.5 Gbit/card to 10 Gbit/
card. The advantage is that the number of carcf%
tested is reduced from six to two. New memory
devices will have to be identified and Figure 4-2 shows the primary STEREO software
incorporated. This involves Floating Point Gatecomponents. APL responsibilities are shown in
Array (FPGA) and board layout modifications.color. The flight components consist of the
Since the functional aspects of the design woul@&DH and G&C subsystems and instruments
remain mostly unchanged, the most significantor two identical spacecratt.

Flight and Ground Software

2.2 Overview of STEREO Mission
Components
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Figure 4-2 STEREO Mission Software Components

The major ground components consist of thd.2.3 STEREO APL Software
Science Operations Center (SOC), developed Requirements

and run by GSFC, the Mission Operatlonsrhis section outlines the top level software

Cef‘tef (MOC), developgd and run by A!Dl‘requirements for the flight and ground based
during spacecraft Integration and Test and fllghg oftware svstems
operations, and NASA's Deep Space Network y '
(DSN) ground stations. In addition to performingFlight Systems.  The STEREO flight segment
mission command, control, and monitoringconsists of two identical spacecraft, each of
functions, the MOC also includes a real timewhich contains a number of programmable
simulator for testing software upload andsubsystems: a Command and Data Handling
spacecraft scenarios. APL also has a navigatid@€&DH) subsystem, a Guidance and Control
team that works closely with the MOC and DSN(G&C) subsystem, and a suite of instruments
to perform orbit determination, predictions, andsome of which contain processors. The data
updates for the mission. system and instruments for each spacecraft are
In addition to the primary flight and ground single string” with no rec!undant or backup

) rocessors. Although the instruments may be
system deliverables, a number of Ground’

. . powered off, the C&DH and G&C subsystems
Support Equipment (GSE) systems are required L o :

. . are mission critical and will be powered

to support development and testing dehverablte:ontinuousl throuahout the mission
hardware and software. These items, which y 9 '
include simulators, stimulators, and bench testhis section discusses the C&DH and G&C
equipment, are generally software-base@ubsystems, for which APL will develop the

subsystems in their own right. flight software. The requirements described
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below are identical for both spacecraft, and in digital solar attitude detectors
fact the two spacecraft will contain identicale cold gas propulsion system
software loads. * reaction wheels

In addition to controlling these attitude

Command and Data Handling (C&DH) system components, the G&C system is also
Subsystem. The C&DH subsystem provides responsible for autonomously controlling the
support services to the spacecraft bus and th®mmunication system’s High Gain Antenna
instruments. (HGA) gimbal to keep the antenna pointed

Guidance and Control (G&C) System. The |
STEREO guidance and control system
components consist of :

. toward Earth.
overall spacecraft safety via three spacecraft _
modes: operational, safe hold, EarthG&C services support both the spacecraft bus

acquisition and the science instruments. Reaction wheel
command and telemetry services: speeds may be changed at any time to maintain
— CCSDS protocols required pointing accuracy without degrading
— uplink: 125 bits/sec (normal); 7.8125 Science data. However, propulsion system firings
bits/sec (emergency) to dump system momentum may interfere with
— downlink: variable rates up to 800,000science data collection for some instruments.
bits/sec during DSN passes Therefore in Operational propulsion system
— 500 bits/sec “broadcast” mode at othefirings will be limited to short preplanned
times “spacecraft bus activity” time windows
data collection from spacecraft bus andfommanded from the ground via the C&DH.
instruments The G&C system must use its sensors,
dissemination of spacecraft bus status t@rocessors, and actuators to support low level
instruments testing and commanding of individual

spacecraft bus health and status monitoringomponents. In flight it implements high level
solid state recorder management (7.pointing modes that require a closed loop

Gigabits) o dynamic model of the spacecraft, G&C
non-coherent navigation support (Dopplefsupsystem, and the universe (with varying
count measurement and reporting) degrees of detail). These high level modes

power management (peak power tracking)support the spacecraft bus and instruments by
time tagged commands, macros and ruleproviding the following services:

based autonom . . .
time maintenanZe and distribution e attitude safety (coordinated with C&DH’s
spacecraft safety function):

software upgrade support for programmable T .
P9 PP prog — maintain overall attitude control

spacecraft bus devices oL
— maintain battery charge
— conserve cold gas propellant
body axis control
high gain antenna pointing
* momentum management
processors and their associated software ard high precision instrument pointing with

interface electronics closed loop feedback
star tracker * G&C subsystem status reporting and history
inertial measurement unit maintenance
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Ground Systems

Mission Operations CenteHoused at APL, the
STEREO Mission Operations Center (MOC)
will communicate with the two STEREO
spacecraft via the NASA Deep Space Network
(DSN), and with the STEREO science users
through the Science Operations Center

e star tracker

IMU

DSADs

propulsion system
reaction wheels

high gain antenna gimbal
C&DH subsystem

(SOC) at GSFC. It will provide the following
services:

instrument-supplied pointing error signal
the universe
Note: the G&C testbed becomes part of the real

command and telemetry time spacecraft simulator in the MOC after launch.
maintains all command and telemetry

definitions for spacecraft bus
controls the flow of all commands to the
spacecraft via the DSN

(3) Spacecraft emulator: simulates instrument
interfaces to the spacecraft to test the
instruments before delivery. A Phase A cost

generates commands for the spacecraft bus tradeoff study will determine whether to

; implement this item.
forwards commands for the instruments |mp_ X ..
received from the SOC (4) “Mini-MOC": a subset of the Mission

receives all telemetry data from the Opberatltons Ct:enbtertth?tda_”O\;VhS ol\t/lhoecr:
spacecraft subsystems to be tested in the

forwards telemetry data to the SOC environment during development. A Phase

spacecraft bus health and safety monitoring ;Ac_ostltradeotfirs]_tut_jty will determine whether
time and navigation maintenance (the MOC O impiement this item.

and the navigation t_eam at API.‘ WOrk4.2.4 Baseline Architecture

together to produce time correlation and

navigation data) The architecture for all STEREO software,
« spacecraft configuration management  both flight and ground, is based on the
« spacecraft activity planning software designed by APL for the TIMED
« real time spacecraft simulation mission. The largest differences in the flight

Integration and Test Equipment.  The following

software are in the hardware interfaces and
requirements for the guidance and control

ground support e_quipment_ items are uset_j duringoftware, and in the fact that the system is
subsystem testing and integration with thesingle string instead of fully redundant. The

spacecraft

main ground software difference is that

(1) IEM Testbed: tests the IEM by simulatingSTEREO uses DSN ground stations instead

its environment, including C&DH interfaces: of low Earth orbit terminals; for this reason

* instruments the ground software that interfaces with the
* G&C subsystem ground stations also borrows heavily from the
* power system APL NEAR mission.

*  uplink/downlink system Flight Software.  Figure 4-3 shows the baseline

*  housekeeping inputs hardware architecture for the STEREO

(2) G&C Testbed: tests the G&C and its controspacecraft bus data system. The C&DH

algorithms by simulating its environment, subsystem is based on a Mongoose V running
including the Nucleus-real time operating system. It
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Figure 4-3 Baseline STEREO Data System Hardware Architecture

controls the C&DH 1553 bus which There are two key differences between the
communicates with the instruments, the powefIMED and STEREO architectures that drive
system, and the G&C subsystem via the Attitudsignificant software changes in all flight
Interface Electronics (AIE). The AIE contains processors. First, TIMED uses the Global
an RTX2010 processor and the hardwar®ositioning System (GPS) to determine time and
interfaces to all the guidance and control sensorsvigation parameters directly, while STEREO
and actuators. It controls the G&C 1553 bus thawill implement models that will be updated
communicates with the star camera, the Inertigderiodically from the ground. This change will
Measurement Unit (IMU), and the G&C Flight eliminate software to interface with the GPS
Computer. The G&C flight computer is a subsystem, but will change the software that
Mongoose V identical to the C&DH (also manages and distributes the time and navigation
running Nucleus+), and runs the mathematicgbarameters.

algorithms that control the spacecraft attitude,

momentum, and high gain antenna gimbal anglé&econdly, the use of single-string hardware
It receives its sensor inputs from the AIE, andaffects safing and software reloading. The safing
sends its actuator output requests back to the Ajgocess will be simpler in some ways because
for implementation. the option to reconfigure redundant hardware is
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eliminated. However, as a result the overalRTX2010 architecture, the compilers and other
approach to safing will need to be revisitedools available to support it. The STEREO
during the conceptual design phase. Likewisesoftware will limit the AIE software to controlling
TIMED achieves software reloads by runningthe G&C hardware interfaces (without auto-code)
the spacecraft with one processor whilewhile leaving guidance and control algorithms
reloading the other. A new approach will beto the G&C flight computer. Reconfiguration of
needed to reload the single available processtiie G&C subsystem architecture is another option
while it continues to control the spacecraft.  that will be studied during Phase A to further

. simplify the flight software.
The STEREO C&DH software will be very

similar to the TIMED C&DH software, as both [N addition to this change based on a TIMED
the overall software requirements and thel€sson leamed”, the STEREO G&C software
hardware platform are similar. Table 4-2 lists the/Vill also differ because of differences in mission
primary differences. requirements and hardware interfaces. Table

) , 4-3 summarizes these differences.
The TIMED flight software implemented

guidance and control algorithms on both the
Attitude Interface computer and the G&C flight4'2'5 I&T and MOC Software

computer, with “C” code generated automaticallyThe STEREO I&T and MOC software will also
from simulation models. This worked well for be based on the TIMED design, which is a
the G&C flight computer, but was a problem forcombination of the commercial EPOCH-2000
the AIE computer due to the limitations of theproduct from Integral Systems, Inc. (ISI) and

Table 4-2 Differences between TIMED and STEREO C&DH Software

Feature TIMED STEREO Software Impact

Redundant Hardware Yes No Requires new software (S/W) loading
approach

GPS Yes No Requires new timekeeping S/W

Number of Instruments 4 6-7 More 1553 remote terminals to Manage

RS-422 No Yes New driver needed, high speed Input/Qut-
put (I/O)

Max Science Rate 55 kbps$ 450 kbps Higher recorder rates

Max Downlink Rate 4 Mbps 800 kbps Increased SSR management flexibility

Broadcast Mode No Yes New S/W to collect broadcast data

Table 4-3 Differences between TIMED and STEREO G&C Software

Feature TIMED | STEREO Software Impact
Redundant Hardware Yes No New S/W loading approach
GPS Yes No New Orbit Determination S/W
Momentum Mangement T-Rods Prop New I/O and Control S/W
Star Tracker, IMU, etc.| Knowr TBD Possibly new 1/0 S/IW
High Gain Antenna No Yes New gimbal I/O and Control S/IW
Error Signal No Yes New I/0O and Control S/W
Control Frequency 10 HZ TBD TBD
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custom enhancements developed by APL anslerver will be based on a similar TIMED
ISI. Much of the software will be reused as isserver.

but several requirement differences will drive :
g A Ground Support SoftwareThe following

differences in the software as Table 4-4 ,
illustrates. ground support items are used for subsystem

_ ~testing during development, but represent
Certainly the change to a deep space missigignificant software development efforts on
with two spacecraft with some simultaneousheir own. Note that decisions orhether to
ground contacts has operational impacts, biinplement the spacecraft emulators and “Mini-

the core software system that deliversvOcC” will be the subject of cost/benefit trade
commands to the spacecraft, and receivestudies during Phase A.

processes, and monitors telemetry will be

largely unchanged. A larger impact to theG&C testbed
software will be the change to DSN ground, pc/NT-based
stations and from four distributed Payload,
Operations Control Centers (POCCs) to a single
science mterface through GSFC. The,
elimination of onboard GPS will also require
more navigation and time-keeping support on
the ground, and the non-coherent navigation
system STEREO will use requires some
additional software and interfaces with the
DSN navigation team as well.

connects to G&C subsystem via 1553 bus;
accessible via Ethernet

simulates G&C system components, C&DH,

and environment

allows real time closed loop tests of the

attitude system

becomes part of the real time spacecraft
simulator after launch

C&DH testbed
STEREO will use the same philosophy ofe pC/NT-based
decoupled spacecraft and instrument connectsto C&DH computer; accessible via
operations in general that TIMED uses, so that Ethernet
most spacecraft bus and science instrument simulates C&DH interfaces and environment

operations can be carried out independently gallows real time tests of C&DH hardware
of each other. However, some coordination is gnd software

clearly necessary in overall activity planning;

the MOC software will include a Web-basedSpacecraft emulator (if implemented)
“STEREO Data Server” to serve as a focat PC/NT-based

point for this coordination information. This ¢« accessible via Ethernet

Table 4-4 Differences between TIMED and STEREO MOC Software
Feature TIMED STEREO Software Impact

Number of Spacecraft 1 2 Requires separate C&T databases, sorting
of C&T by spacecraft and support of two
simultaneous passes

Ground Station APL DSN Changes to contact planning
Science Interface 4 POCs 1S0C TBD - Data product differences
GPS Yes No Ground based Navigation S/W
Unsupported passes Yes No Commitment to automated Ops
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* connects to instruments via their spacecraf®perating Systemsand Tools.  The Pre-Phase-

interfaces (1553, serial) A STEREO baseline is to use the Nucleus+ real
* emulates spacecraft functions that suppotime operating system on the Mongoose-based

instruments C&DH and G&C computers, and a simple APL
 allows instrument checkout beforedeveloped real time kernel on the RTX2010-

spacecraft integration based AIE. All processors are to be programmed
Mini-MOC (if implemented) in the “C” language, with a minimum of

assembly language where absolutely necessary.
: . The G&C computer will run “C” code generated
* available early, for use in G&C and C&DH automatically from the Matldl/Simulink Real

subsystem testing , Time Workshop, but the AIE will not.
e can command and receive telemetry from

both the subsystem under test and supportinglis study will evaluate whether changing any
GSE of these baseline assumptions will be cost
e uses the same command and te|emet,9ffective. This study is partly linked with the

dictionaries, command procedures, and>&C processor architecture study, since
display pages as the MOC availability of software and support tools is an

, important factor in choosing processors. In
4.2.6 Phase A Trade Studies addition to evaluating real time operating
Phase A of the STEREO program will includesystems and support tools, this study will also
the following trade studies, with cost reductionconsider software development environment
and cost risk management as the evaluatiotools such as requirements trackers and software
criteria. design and analysis tools.

G&C Processor ArchitectureThe G&C I&T/MOC Software.  EPOCH is the Pre-Phase-
processor hardware architecture shown in Figur& baseline for the I&T/MOC core software. This
4-3 is the baseline for STEREO. This basictudy will evaluate whether other packages are
configuration, inherited from TIMED, was in available that would perform the EPOCH
turn inherited by TIMED from the Near Earth functions for lower overall cost, including the
Asteroid Rendezvous (NEAR) mission. Howevercosts of modifying the additional software that
NEAR used a Honeywell 1750 processor for thé\PL has developed to work with EPOCH.
G&.C (;omputer, and this part was _not adeq.ua.t elX/Iini-MOC and Spacecraft Emulator. These
radiation hard to be entrusted with all mission_ . . o :

" . studies will evaluate whether it is cost effective
critical G&C functions. Therefore the very hardoveraII t0 build “Mini-MOCS” and spacecraft
RTX2010 was put in control of G&C sensors P

, ..._emulators.

and actuators, and implemented the most critical
G&C safing modes. 4.3  Guidance and Control (G&C)
Subsystem

* asubset of the MOC, including EPOCH

Since the Mongoose V processor is as radiation
hard or harder than the RTX2010, this study wil4.3.1  System Baseline
revisit the assumptions that resulted in this_. . .
architecture. It is possible that two processo%Igure 4-4 is a top-level block diagram of the
are no longer necessary in the G&C subsyste ,TEREO G&C system.

and/or that an off-the-shelf solution is nowOnly the white-background boxes are actually
available. Software considerations will play apart of the G&C system, the rest are in different
major role in evaluating the cost/benefit tradeoffsystems but interface with and/or are controlled
of this hardware architecture study. by G&C. The four G&C equipment items are
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Figure 4-4 Guidance and Control Physical Block Diagram

described below. The baseline equipmen®ignal in Figure 4-4). The cold-gas propulsion
selections are strawman candidates for resourcegstem will be used for momentum
(power, weight, cost, and performance) anadnanagement, with firings scheduled as
budgeting purposes. necessary (about once or twice per week). De-
They are existing items with known tumb_le (removal of excess angular rqte) will l_Je
characteristics which will meet the STEREOpOSSIbIe using thrusters. The HGA gimbal will

requirements. Actual equipment will be chose © m0\_/ed mc_remgnt_ally, n small steps
in preliminary design via competitive appropriate fo_r its pointing requirement. These
procurements; better performance and/or cost Il oceur, typically abo_ut once per day, up to
likely. Alternates exist to all these items, assuringil out 10 per day early in the mission.

minimal risk. Inertial Reference Unit (IRU). Baselineisthe

Algorithms in the Guidance and ControlNEAR IMU from Delco Electronics (Litton),
Computer (GCC) carry out most of the G&CusingDelco 130Y Hemispherical Resonator
control functions. The AIE distributes the signalsGyros (HRG). These gyros have rate bias
and data between G&C equipment andstability < 0.001°/hr, over 16 hr, and an angular
interfaces. Some level of safe-mode control mayandom walk (ARW) less than <0.01°/hr1/2. The
be implemented in the AIE. Reaction wheelNEAR IMU has redundant CPU and power
control spacecraft pointing. One instrumentsupplies, with four gyros, any three of which
(assumed to be the SCIP) will provide pointingorovide 3-axis attitude reference. A single-string
error signals in two axes (Loss of Sun (LOS)RU similar to the one flying on Cassini would
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be the STEREO baseline. This IRU is extremelyTRACE) and Sub-millimeter Wave Astronomy
reliable, with no moving parts. A four gyro IRU Satellite (SWAS)) are an especially attractive
has a projected system-function probability ofalternate, with higher torque and significantly
success (§ of 0.9996 for mission life. Alternate lower unbalance, both of which are desirable for
gyros will be considered in preliminary design,low jitter. It appears likely that at least 0.14 Nm
including mechanical, ring-laser gyros (RLG)of torque should be available, in a reasonably
and Fiber-optic gyros (FOG), and the bessized wheel.

candidate chosen. Sun Sensors. The Adcole Digital Solar Attitude

Star Tracker.  Baselineisthe TIMED star tracker Detector (DSAD) system is baselined. This
from Lockheed-Matrtin. This tracker has 3 arcsesystem is small, very mature, and flight proven,
accuracy (1s) in pitch and yaw (i.e., normal tanany times. It has five detector heads, each of
its boresight) and 32 arcsec in roll. Sensitivitywhich measures 2-axis Sun vector it6d” FOV.

is 7.5 magnitude (Magnitude—Variable () Accuracy is 0.5 quantization, with bit transition-
stars, and field of view (FOV) is 8.8quare. It angles calibrated to 0.25° accuracy. A fine Sun-
includes autonomous star identification andsensor system is also available from Adcole, and
attitude determination, with quaternion outputds under consideration either in addition to or as
at 5 Hz on the 1553 bus. Autonomous staan alternate to the standard DSAD system.
identification can be achieved within ~2 sec. It

has been flown on DS1 and P59, and ig.3.2 G&C Functions

scheduled to fly on numerous missions includin%_ . . .
TIMED, EO1, Microwave Anisotropy Probe igure 4-5 is a top-level functional flow diagram
(MAP), and Imager for Magnetopause-to-Of the G&C system.

Aurora Global Exploration (IMAGE). In this diagram, the upper blocks are the system
being controlled (color-keyed System; with
outputs on right or bottom). These are spacecraft
ardware components, except for dynamics
hich can be considered hardware plus Physics.
ther blocks map to software modules in the

Reaction Wheels. The NEAR reaction wheels
from Ithaco, Inc. are baselined. NEAR used th
Ithaco Type A wheels, and TIMED uses the
larger Type B wheels. Both have a brushless Dg
ggét?gnit;;p()slti;s;?s rsna?/tee;;/e?nhotl asne dpgrieGCC. The white (or unshaded) boxes are in the
The Type A wheels have maxir%wm angﬁlafdreground (“Fast”) or inner control loop, which

momentum of 4 Nms (@ 5100 rotations IoerW|II run at 10 to 25 Hz. Gyros (Inertial reference

minute (RPM)) and maximum torque of 0'025un|t, IRU) are the primary short-te_rm attitude
- reference, and are corrected for drift and other
Nm. The Type B wheels have significantly

: : rrors by signals from the background (“Slow”)
higher momentum capacity and somewha o
. . . op and/or the SCIP. A software switch is shown
higher torque. Static unbalance is less than 1.5 . : o
) ) indicate that Guidance, Navigation, and
gm cm, and dynamic unbalance is less than 4 it

gm cn?, with torque noise Power Spectral itude Estimation will not be used in Safe

) Mode. Gyro data is used with Sun sensors and
Density (PSD) of less than $H(NmJ7/Hz, 0.1 star tracker for attitude determination. Thruster

to 1 Hz. Continuous operating life is spemﬁedControl will ordinarily only be used for

as greater than four years. The NEAR wheel$ S

. . momentum management, not for pointing.
have been operating continuously now for over
three years with no sign of degradation. ThéA top-level diagram such as this forms the
Small Explorer (SMEX) wheels (as used onstarting point for system model development

Transitional Region and Coronal Explorerin Simulink™, a graphical simulation
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development tool which is part of the Matl¥b  simulations. SimulinkM and RTW have been
software suite. In Simulirk!, individual blocks successfully used to develop simulations and
can be opened and expanded, to as many leveilgimately flight and 1&T code on TIMED.

of detail as needed, until a high fidelity model

of the system is developed. This model canthes 3.3 Requirements Summary and

be exercised directly from the graphical Discussion

environment, greatly facilitating design

tradeoffs. Once the models are sufficientl)}ggs.'gn Iarlvgr;&s(.: Tf:e pr:jnmpal requ;rement;
mature, an additional Matl&¥ tool called Real- riving the System design are for precise

Time-WorkshopM (RTW) can be used to on spacecraft pointing and jitter control. Pointing

part or all of the model to produce code whicH €quirements are summarized in Table 4-5.
is directly useable as flight code in the GCClitter is the most challenging requirement. In
and for code for Integration and Test (I&T) order to meet the requirement for low jitter, a high

Table 4-5 Pointing Requirements

Spacecraft Pointing

Requirements (30) Roll Pitch/Yaw

Knowledge: +20 arcsec + 0.1 arcsec

Control: +0.1° +20 arcsec

Jitter: 30 arcsec RMS 1.5 arcsec (0.1 to TBD Hiz)
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control bandwidth is desirable. Thisin turn drives  momentum management can only be done

the design toward high wheel torque and a fast with some kind of center-of-pressure trim

sampling rate. Additionally, disturbances will  devices (flaps), due to the 0.1° overall

need to be minimized. Modern control techniques pointing constraint. Solar pressure torque

can also play an important role. These tradeoffs was used successfully on NEAR for

are discussed in some more detail below. momentum management, but required off-
Sun pointing of several degrees.

Other Significant Requirements 434 Jitter Considerations

(1) Point LOS within 5 arcmin of Sun for SCIP ¢ jnstrument requiring fine-pointing control

acquisition—this will require good co- 5 355 med to be the coronagraph (SCIP). For
alignment of all instruments and G&C o rposes of this study the SCIP has been
SENSOrs with the S_C!P' o assumed to be accurate to 0.1 arcseg &Bd

(2) Nomlna! HGA po_lntlng to _Oﬂ Maintain supplied at 10 Hz. This instrument will set the
H_GA pointing dgrlng thrustlnnghe HGA control and knowledge requirements for the
gimbal angle will be changed in steps, N0k ire spacecraft. The assumed jitter requirement

continuously. This requirement sets theplaced on the G&C system by the SCIP is:
gimbal step frequency. A small thruster

impulse bit and small on-time will be Roll: 30 arcsec Root-Mean-Square

needed. In-flight HGA alignment calibration (RMS),
may be necessary to meet the 0.1Pitch/Yaw: 1.5 arcsec (0.1 to TBD Hz)

requirement. On-board ephemeris will bepointing control of other instruments will
needed for HGA pointing vectors.  essentially the same as for the SCIP, except for
(3) Complete autonomous thruster firings withinjow-frequency jitter. Knowledge for the other

300 seconds—this will require thatinstruments will differ from the SCIP mainly by
momentum dumping be fairly aggressive the misalignments.

Any autonomous use of thrusters will haveT tthi . tth trol bandwidth
to be very carefully designed, verified, and 0 meet this requirement, the control bandwi

tested. A very gradual conservative(BW) must be as high as possible consistent with

momentum dumping approach is safest aane dbasel_lneldes_lgt_n ofthe ;pacecr? ft,Al‘nstrum(Tr_\tts
preferred if possible. and nominal pointing requirements. As a goal i

(4) Momentum storage capacity at least fou?’vIII be_l Hz, though_lt may not be possible to
days in Operational ModeThis directly make it that high. Limiting factors are wheel
sizes the wheel momentum torque and linear range of fine pointing control.

(5) Return from any attitude in less than 12The NEAR spacecraft can be used for

minutes—It is assumed this time limit Startscomparison (possessing similar weight, inertia

after any detumble is complete, i.e., is thé"‘rIOI quiescent pointing). Using the NEAR
maximum allowable time for a rest-to-rest'€action wheels and current STEREO inertia

o - - . timates, a linear range of D\dould give a
180" slew. This requirement may size wheefs :
torque, although a high wheel torque iSBW of about 0.5 Hz. With the SMEX wheels

desirable anyway for control bandwidth. If (0-14 Nm torque) 1 Hz BW can be achieved with

the time limit is strictly enforced and provesa I'Eeglr Contf Ibrlan?e of o%ligm 0"2'\' h'.c rt] 'S
difficult to meet, this requirementmayforcepro ably workable for a U. overall pointing

consideration of thruster attitude control, "€duirement.
(6) Solar pressure momentum bias within SunWe can assume for now that the control system
angle limit—use of solar pressure forwill be able to virtually eliminate the effects on
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SCIP pointing by disturbances at frequencieslisturbances can only imperfectly be controlled,
less than BW, down to the pointing controlit may be better to have high frequency
requirement. However, other instruments willdisturbances that are small enough to ignore.
experience pointing errors relative to the SCIP

at all frequencies. It's not possible to accurately.3.5 Flexible Spacecraft Modeling

guantify these errors at this stage of design. and Jitter Study

Typical experience with §|m|Iar spacecraft (e'g'Spacecraft with several flexible attachments has
NEAR) suggests that jitter due to StrUCturaIbeen modeled in Matla¥/Simulink™ to study

npn-rlgldlty will be on order of 10 mrad, at thethejitter effect. The flexible structures modeled
disturbance frequency. There are low frequenc

disturb ¢ h | distortion ngmlude two solar panels, three RBT booms and
Isturbances e.g., rom thermal distortio )a é)ne magnetometer boom. Each flexible
higher frequency disturbances from onboar

. ) éutachment is modeled as an uniformly
equipment, notably the reaction wheels and,.

moving mechanisms in other instruments an istributed beam-like structure, based on
9 . b reliminary structure parameters. The dynamics
subsystems. All these issues will have to b

studied in some detail before meaningful f flexible spacecraft is described by the

o i following equations.
guantitative estimates can be made. The geq
technology to deal with jitter at reasonable levels = C : :
. . ; . + =N-h- +h+
is available, but not without resource impacts [9 M’E N=h _.9 A8 +h+M,S)
(cost, schedule, and weight). E+DE+NE+M[6=0

All instruments including the SCIP will where:

experience disturbances at frequencies above tife- rotation angle of spacecraft;

BW. Only minimizing the disturbances &— modal coordinates of flexible structures;
themselves, through careful mechanical desigM. é&— interaction matrix between flexible struc-
can control the effects of these disturbances amles and rigid body of spacecraft

the instruments. M;£— total momentum from flexible structures;

The Radio Burst Tracker (RBT) will also aﬁectsl\t/'rigczjrégltal acceleration from flexible
jitter, possibly significantly. The booms should™_ " :

in general be as short, light, and stiff as possible? = 2k xdiag{ o, o} — natural damping

It is also desirable that they have as muctrnnatrIX of flexible structure;

inherent damping of bending modes as possible = giag {w?,,..., w3, } — stiffness matrix of
although typically such booms don’t have muchjexible structure.

damping and are often modeled as (nearly i . ,

undamped. If the booms have bending he first equation is the flexible spacecraft

frequencies less than BW, the control systerfjduation of motion, which shows that the
should be able to control those modes. or at |eaLbn[teract|on from flexible structure to spacecraft

limit them to levels consistent with the controlrlgld bony IS th'rough momentum gnd
performance (notional 0.1 arcsec). If eXcitedacceleratlon of flexible structure deformations.

frequencies higher than the BW will not beThe second equation describes the dynamics of

damped actively and will contribute to jitter for [€Xible structure which is driven by the
all spacecraft. Although this may seem to sugge&ptational acceleration of rigid body.

that low frequency is desired, in general stiffThe coefficient matrices in flexible structure
booms are preferred because of the responselgnamics can be obtained through structure
roll-off with frequency. Since low-frequency analysis using finite element methods. Since we
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do not have them now, we modeled the flexiblel.4 Power Subsystem
attachments with the following assumptions: 441  Power Subsystem Requirements

* Normalized modal model, with lowest The STEREO power subsystem is required to

provide power to all spacecraft loads for the
frequencyfo :L\/ 3E1 ~Hz > and duration of the two-year mission. The bus
2\ (M +0.243pl)l voltage is required to be in the range of 22 to

based on preliminary 35V, with load shedding occurring at 25V. The
full load compliment with all instruments on

shall be supported in solar-only operation.

 Simplified interaction matrix, based on Battery discharge is permitted to accommodate

preliminary geometry of flexible structures |pad transients associated with attitude and

¢ Uncoupled flexible structure models propulsive maneuvers. (Ref. Margins Section)
* No external force on flexible structures

fi=i2,i=12,.N
parameters.

The power system electronics for each spacecraft
Various simulations have been done to study thenhall be identical, and shall be designed so as
jitter effect on the attitude of spacecraft: mainlynot to require continuous ground intervention
focusing on the jitter effect excited by firing for normal operation. The electronics shall
thrusters about X, Y and Z axes respectivelyrequlate power flow to the bus to maintain power
Simulations are set up as firing thrusters aboup the loads and safeguard the battery. The power
one axis only in each simulation, whensystem electronics shall provide ON/OFF power

spacecraft is in stable status (controlled byg the spacecraft loads, including the individual
wheels). Thrusters fire once (10% duty cycle)nstruments.

per second consecutively for 20 seconds. The
dynamics of angular rate of spacecraft, pointin
error, flexible momentum and acceleration ar
studied based on simulation results.

he solar array is required to support the full
oad compliment (excluding attitude and
propulsive load transients) for the two-year
mission life while pointing within 5of the Sun.
A few observations from the simulations areThe solar array shall be sized to allow operation
summarized as follows: at solar distances of 0.85 to 1.03 Astronomical

(1) The axis which thrusters fire about is affected” nit (AU) for the leading spacecraft, and 0.9

most, however, the other two axes react tod® 1.18 AU for the trailing spacecraft. The array

This is caused by the coupling interactionSha” meet aforementioned power requirements

from flexible attachment: the booms are nof"‘fte_r a 1-MeV electron radiation gxposure
deployed symmetrically. equivalent to 1.4 e+14 e/érwith a 6 mil CMX

(2) The pointing error on the axis which coverglass). The solar array shall require no

thrusters act on can be quickly decreased bg,imbals, nor intrajpanel hinges. The array shall
wheel control to within the jitter requirement be tolerant of partial shadowing. A surface ESD

and the point errors on other two axes aréequirement for the solar panels is currently in

much smaller than jitter requirementduringd,ef'n't'on' The solar array layout is permitted
thruster firing. differ between the two spacecraft, but each array

(3) Although there is no controller specifically ;hall have identical harness and mechanical
designed to suppress flexible deflection useaﬁterfaces.
in the simulation, the regular wheel The battery shall not restrict the launch window,
controller handles the jitter effect in theand shall not require reconditioning later than
simulation fairly well. 28 days prior to launch. The battery shall provide
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power to the loads from three minutes before trickle rate charge limit is used to maintain

launch until 10 minutes after Radio Frequency a full battery again self-discharge.

(RF) acquisition without reliance upon (3) Atemperature compensated voltage control
incidental solar power. The battery shall provide loop monitors the battery voltage and

power to the loads during load transients temperature to prevent overcharge of the
associated with attitude or propulsive activities, battery. The control loop reduces charge
and shall provide emergency power in the event current to maintain the battery at one of 8

of temporary attitude loss or load fault. ground-selected NASA voltage-limit curves.
_ The voltage control loop is expected to
4.4.2 Power Subsystem Design dominate the PPT control the majority of the

System/Electronics.  The STEREO power mission time.

subsystem has a peak power tracker (PPThe battery is further protected against an over-
architecture with an unregulated bus. This deSigfémperature condition by spacecraft autonomy
has direct heritage from the TIMED program.which will automatically reduce the battery

The battery is connected directly to the main bugharge limit to trickle if the battery over-heats.

maintaining an unregulated bus voltage of 22 t o
g g g jhe PSE also houses the power switching

unctions for the spacecraft. A dedicated
TIMED-heritage serial command bus conveys
lay commands from the IEM. Commands are
ecoded and sent to the appropriate relay card.

35 volts. The power system electronics (PSE,
regulate the flow of power from the solar arra
by controlling of a bank of PPT modules
between the solar array and main bus. The PP’
modules are buck converters whose outp . .
elays are controlled via a functionally

voltage is set by the bus voltage. The inpu :
g 4 d P redundant control matrix to turn power ON or

voltage, or array operating voltage, is set by puls o
width modulation of the converter. The PSESFF to individual loads. The relay cards are also

implements three concurrent control loops toequped with shunts to measure load current.

manage the array power with the PPT module&urr_erlt telemetry on each relay C‘T’”d 's
g yP multiplexed and amplified to a 0-5V signal.

(1) A PPT algorithm is processed in the IEM,Relay card telemetry is then multiplexed by an
which sets the array voltage to operate at itsnalog mux card and digitized with a 12-bit
maximum efficiency. This algorithm uses Analog to Digital (A/D). The resulting telemetry
solar array current and voltage telemetry tGs then forwarded to the IEM via a 1553
measure array power. The Pulse Widthnterface. Relay tell-tales are similarly sent to
Modulation (PWM) is incrementally the IEM via three-state buffers which are polled
adjusted to dither about the operating voltag@y the analog mux card to forward the tell tale
that produces maximum array power. Thigelemetry over the 1553 interface. Load fusing
control loop only dominates the PPT controlis |ocated in the PSE using NEAR/TIMED

when the combined load requirement anteritage fuse plugs to facilitate 1&T.
battery charge limit exceed the array power

capability. Solar Array. The STEREO solar array consists
(2) A current control loop monitors the batteryof two co-planar panels totaling 3.35 im area.
charge current and adjusts the PPT to restridthe panels are populated with GaAs cells of a
power flow from the array to maintain to be determined size with 6 mil CMX cover
battery charge current to one of two presegllasses. Cells are connected into serial strings,
limits. A high rate charge limit is used to each with diode isolation. Panels are sized to fit
recharge the battery after a discharge. Avithin volume constraints of an Athena launch
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vehicle, and provide 35% margin in solar onlyThe battery is a build-to-print subcontract.
operation to the full load contingent at missionThermal vacuum and vibration testing of the
aphelion at End of Life (EOL). battery assembly shall be subcontracted to the

o battery vendor. Battery fabrication and test is
Battery. The STEREO battery baseline is a 21'expected to be approximately 15 months in
Ah Super-nickel cadmium (S-NiCd) battery. 4,ration.

S-NiCd technology is well suited for lengthy

stand-by use of an interplanetary mission as had1e solar array substrates will be designed in
been well demonstrated by the NEARhOUSe,with subcontracted fabrication. Solar cell

spacecraft. The battery assembly is a build-tg@Prication and laydown shall be subcontracted.
print SWAS design, with possible minor wiring Thermal vacuum testing of the panels shall be
modifications to suit STEREO power electronicsSubcontracted to the solar array vendor. Solar
and telemetry. Battery reconditioning need noPanel fabrication and test is expected to be

be performed within 28 days of launch, thougtRPProximately 12 months in duration. Vibration
it is strongly desired that final reconditioning @nd acoustic testing shall occur on the spacecraft

occur within 14 days of launch. The battery sizé€Vel-
was selected to provide power to the loads durin
an Athena launch. The 21-Ah S-NiCd isg'4'4 Trade-Off and Study Areas

sufficient to provide load power during launchS-NiCd vs. Lithium lon Battery. Lithium-ion

for 95% of candidate Athena launch scenariobattery technology has recently made significant
to a maximum depth of discharge of 55%. Asadvances and is beginning to demonstrate flight
launch scenarios are refined, battery sizinguitability. Use of this technology can result in
requirements shall be revisited. significant mass saving. Additionally, the space
tshuttle launch option will result in long periods
in concert with the IEM’s execution of the N which the battery cannot be trickle charged

spacecraft autonomy algorithm. All Controlpriorto deployment. The low self-discharge rate

circuits are A/B redundant. as are all poweloflithium ion technology is well suited for this
switching/telemetry circuits except the reIay'mOIC’nged open circuit stand without requiring

matrices, which are functionally redundant. PP pre-deployment top-off.
modules are sized such that five of the S'XSingIe Junction vs. Multi-junction

modules can meet mission power reCIUirement?’hotovoltaics.Given that the array size is

The'battery 'S .capable.of meeting mlSS'OncurrentIy constrained by the Athena fairing,
requirements with the failure of one cell, and

the solar arrav is capable of meetin miSsioallowable load growth is limited if margin is to
. Yy pab 9 Be maintained. Use of multi-junction cells could
requirements with the failure of one string.

offer an improvement of 10% to 20% in array

power within the same panel size. Current vendor
estimates indicate that the cost per watt of power
All power electronics shall be designed ands roughly equal between the two technologies.

fabricated in-house by APL. All electronics system and program evaluation is required for
designs derive strong heritage from the TIMED§inal selection.

program currently finishing fabrication.
Environmental test of the electronics shall bé®PT vs. DET Architecture. While each ofthese
done in-house. architecture options has its own advantages and

Reliability.  The power system is fault resistan

4.4.3 Make vs. Buy Decisions
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disadvantages, neither is strongly superior to thilecommunications subsystem provides for
other for the existing mission. The baseline PPEimultaneous X-band uplink, X-band downlink
architecture has been selected primarily becausend tracking.

of 'FS cost advantage f“’m Its strong_ TIIVIEDTO save mass and cost, an innovative approach
heritage. However, evolu_tlon of requ'rement‘:‘pioneered by the APL Space Department and
could (_eventually f_avor direct energy trans_fe scheduled to be flown on the TIMED spacecraft
(DET) if mass savings, bus voltage regulatlonwi" be used. Transponders have been replaced
or a desire to isolate the battery from the bugy simpler RF transceiver based
becomes more c_ompelllng. The pos_s'bl%elecommunications cards that plug into the
selection of lithium ion technology would likely spacecraft Integrated Electronic Module (IEM).
favor a DET architecture to isolate the batteryry . +vED S-band cards will be modified for

from the bus. X-band operation on STEREO.
Athena vs. Shuttle Launch/hile not directly a Figure 4-6 is a preliminary block diagram of the

power subsystem trade-off, the selc_ectlon WIIltelecommunications subsystem. The uplink and
likely impact the power subsystem design. Shoulgiownlink RF cards reside in the IEM; all other

a shuttle launch be selected, the battery will neeﬂF components are external to the IEM. An APL

to remain in an open circuit state for a Iength)b : - .

. : . ) uilt Ultra-Stable Oscillator (USO) provides the
period prior t_o deploy_men_t. With the S-NiCd requency reference. Presently, the baseline
battery baseline, a brief discharge and top-o

h i the shuttl ilb ired ori pacecraft design uses a 40 w Travelling Wave
charge via the shuttie arm wifl be required priofy,,, Assembly (TWTA) to provide the power

to deployment. This scenario will likely have amplification. The antenna switching assembly

operations and hardware impact. Options ar ists of f itches. In phase A. switchi
being evaluated which include the addition 0f80n5|s S OTTOUT SWITCHIES. 1 Phase A, SWIthing

o ) assembly and cabling alternatives will be
circuitry on either the spacecraft or the shuttle t(?nvestigated

control the top-off, or changing the battery _ ' _ o

technology to Lithium-ion to achieve a favorable”A 1.1m gimbaled high gain dish is used for the

self-discharge characteristics to eliminate thdigh rate data downlink when the Sun-probe-
need for a top-off. Earth (SPE) angle is betweer and 115°. For

. . . . normal operation, the spacecraft is oriented
Indium Tin Oxide (ITO) Coating. The new about the Sun-pointing axis toward Earth within

requirement for ESD cleanliness to 1V haS+0 1° for maximum antenna gain. The 1.1m dish

initiated review of the option to coat solar aray.< e maximum that can be accommodated by

cove_rglasses with aconductiye indium-tin OXide{he Athena Il launch vehicle. We investigated
coating to reduce accumulation of charge. replacing the gimbaled dish with a phased array
and distributed amplifiers, but concluded that
the DC power requirement could not be
During normal operations, the accommodated. During phase A, we will
telecommunications subsystem is required toanvass the antenna industry to identify other
provide 200 kbps data downlink for the twooptions for increasing the reflector, such as
year mission. The data are transmitted to thdeployable antennas. The ‘front’ low gain
existing DSN 34m Beam Wave Guide (BWG)antenna and the ‘normal mode’ medium gain
antenna system, supplemented by thantenna (Figure
34 m High Efficiency Front-end (HEF) 4-6) are used during the early part of the mission
and 70 m systems, when necessary. Thier the leading spacecraft when the high gain

4.5  Telecommunications Subsystem
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Figure 4-6 Preliminary STEREO X-band RF Telecommunications Block Diagram

antenna is unavailable. The ‘front’ low gainoptimized, based on our antenna design
antenna will also be used for a few days afteexperience, for the gains required by the
launch by the lagging spacecraft. The front an@TEREO trajectories.

rear low gain antennas also serve for emergency

uplink communications for the two-year The link performance for a number of

mission, providing coverage in all directions. trajectories has been analyzed, prior to selection

The emergency medium gain antenna is used ?of the baseline. The baseline is a leading

establish downlink communications. All spaceo:craft at 20 ’y.eaf anq ailagglng spacegraft
at 28 /year. The mission life is two years with

zn;iZZ?;ta(;re ti?(;icf d r?)l:: dn%rg;lrf;% dby_l_tht}ﬁe leading spacecraft launched 60 days prior to
P gn g : e lagging. Therefore the analysis has been

front and rear low gain antennas are so name .
based on their Ioca%ion on the spacecraft. performed for 792 days for the leading spacecraft

and 732 days for the lagging spacecraft as shown
For the purpose of the pre-phase A study, thiem Table 4-6. The performance results presented
performance of the NEAR low gain and fan-are preliminary since the antenna gain, all
beam antennas have been used in all calculatiosgacecraft losses and link losses are estimations.
to estimate the downlink capability. The antenn&hese will be further refined in phase A for a
designs will be determined in phase A andlay-to-day trajectory analysis.

Table 4-6 Range at Required Mission Life

Years Days Range (AU)
Leading spacecraft 2+60 days 792 (requiremernt) 0.71
5 1890 1.57
Lagging spacecraft 2 732 (requirement 1.03
5 1830 1.98
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The emergency uplink rate is 7.8125 bps angerformance (for a 2002 launch). Rate 1/6, k=15
emergency downlink rate is 10 bps. The higltonvolutional coding plus RS will be used for
power DSN HEF 34 m system will be used forthe normal downlink. During the early part of
the uplink and the 70 m for the downlink. Ratethe mission, when the data rate capability is very
1/2, k=7 convolutional coding plus RS will be high (>300 kbps), R=1/2, k=7 convolutional
used for the downlink. The up and down linkscoding plus Reed Solomon (RS) will be used
will have >3 dB margin ¥6 dB goal on uplink) for compatibility with the DSN stations. The link
and Bit Error Rate (BER) <10f. The has>3 dB margin and BER <10E.

spac_ecraft Low C_;aln Ar_lten_nas (LGA) wil One of the major considerations of the HGA
provide coverage in all directions and SquorHesign is the complex structure around the

tThf emergency u'\a“rg.( foréhe_ tV'\AI‘O tyear m:\jlsc';a\nantenna, which can become scatterers because
e emergency Medium Gain Antenna ( )of the significant illumination from the antenna.

E usedd to etsrt]abllliréggwnlmk COTmuthat'(t)erhe resulting scattered fields can interfere with
ased on the concept where IN§n. girect antenna radiation and cause

spacecraft transmitsapeacon signal throughﬂbeegradations in the antenna directivity and
emergency MGA and is rotated _abogt the SuQidelobe levels. The HGA field of view is clear
line to sweep through the Earth direction. Wherz’f obstructions from Dto 9G. As the HGA is

the signal is detected, commands can be Senté(?mballed larger than 90 the spacecraft

stop rotation and trouble-shooting CaNstructures impinges on its field of view and

commence. Jet Propulsion Laboratory (JPL) Yeduces its gain. We have used the Ohio State
implementing a 70 m uplink capability which

. University (OSU) reflector code to estimate the
will extend the use of the LGAs. antenna performance when the reflector is
Because the spacecraft is not redundant, ttdocked by the spacecraft structure. This
luxury of one receiver continuously connectedorogram uses an extended aperture integration
to an omni-directional antenna is not availabletechnique to calculate the pattern of the antenna
The STEREO spacecraft will autonomouslywithout any blockage. The same technique is
switch to the low or medium gain antennaused to calculate the farfield pattern of the
(depending on distance) if there has been nblockage due to the structure separately.
communications from the ground for a pre-Subtraction of the two patterns yields the pattern
determined length of time. For example, theof the antenna with blockage. When the HGA is
Advanced Composition Explorer (ACE) in its extended orientation, from 90 to 21the
spacecraft switches between two sets of antenngain is reduced by approximately 2 dB. It is
every pre-selected number of days if no uplinkmportant to verify the gain reduction when the
is received. antenna in this orientation. In phase A, we will

The normal high data rate science link uplinkdeve"Jp a mockup of the spacecraft/antenna
rate is 125 bps and downlink rate is 200 kbp§truCture n ord_er to verify the OSU refl_ector
(to obtain a total o5 Gbit per 8 hr DSN code_ calc_ulatlon. Bfeyond 115the dish
contact). The existing DSN 34m BWG Systemphy5|cally interferes with the structure.

will be used for the uplink and downlink, During the times data is not downlinked through
supplemented by the 34m HEF and the 70 rthe HGA to DSN for the primary STEREO
when required. JPL is planning to upgrade tanission, data will be ‘broadcast’ at 500 bits/sec
the 34m BWG system so the BWG systenat X-band to undefined ground stations. In phase
performance is similar to the 34 m HEF. All A, the possibility of using commercial ground
calculations assume the existing BWGstations will be evaluated. Such stations receive
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a downlink for a customer and distribute the dat§l) From ~ day 603 to ~661 use 34m HEF (if
as required by the customer. An optional 500 bits/ 34m upgraded BWG is not available). From
sec S-band broadcast to a National Oceanographic ~ day 661 to ~732 use 70 m DSN system.
and Atmospheric Administration (NOAA) ground (cost)

station using the HGA has also been analyzed ar{@) Increase transmitter power to 110 watts (this

the results given later in this section. Impacts cost, dc power, thermal).
_ (3) Increase HGA size to 1.9 m (there are
4.5.1 Lagging Spacecraft mechanical limitations with present launch

Figure 4-7 gives the range and Sun-probe-Earth vehicle, increase is possible with shuttle).
(SPE) angle for the 28°/year lagging spacecraft4) Accept lower link margin (and impact on
Note that the SPE remains <115° so that the 1SK). _

HGA is usable throughout the mission (after post5) Accept lower bit rate.

launch checkout on the low gain antenna). The

range at the two year mission life is 1.0 AU. 4.5.2 Leading Spacecraft

Figure 4-8 shows the link performance for theFigure 4-9 gives the range and Sun-probe-Earth
lagging spacecraft. Table 2 shows that the linkKSPE) angle for the 20°/year leading spacecraft.
will support 200 kbps with the 34m BWG to The SPE is >115° from day 1 to 125. After ~day
~day 603. A number of options are thenl25, the high gain antenna can be used. The SPE
available: has two peaks; at day 1 SPE=167° and at day 55

STEREO 28 deg/year Lagging Spacecraft
Earth Range and Sun-Probe-Earth Angle vs Elapsed Time since Leading S/C Launch
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Figure 4-7 Lagging Spacecraft Earth Range and SPE Angle vs. Elapsed Time
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STERED 28 degfyear Lagaing S/C
Preliminary Bit Rate Capability 5/C HGA to DSN Resources
[R=1/6, k=15 plus RS code; 40 w TWTA baseling)
800 ]L
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700 k :"i,&{
&a0 X
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Figuré 4-8 LagjginZ:] Spacecraft L-inT< Performance

Table 4-7 Preliminary Bit rate Performance Summary for 28/yr Lagging Spacecraft
(Baseline is 40 w TWTA,; 1.1m HGA)

DSN antenna | S/C HGA TWTA (w) ~Day Earth Bit Rate
system (m) since Range (AU) (kbps)
launch

34m BWG 1.1 40 <603 <0.64 =200

34m HEF 1.1 40 603-661 0.64-0.79 297-200
70 m 1.1 40 661732 0.79-1.0 >300
34m BWG 1.1 110 1-732 =1.0 =200
34m BWG 1.9 40 1-732 =1.0 =200
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Earth Range (AU)

STEREQ 20 deg/year Rate Leading Spacecraft
Sun Probe Earth Angle and Earth Rangs vs Elapsed Time since 5/C Launch
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Figure 4-9 Leading Spacecraft Earth Range and SPE Angle vs. Elapsed Time
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SPE=140.3". The range at the two year mission
life is 0.72 AU.

Figure 4-10 shows the bit rate performance for
the leading spacecraft. Table 4-7 gives a bit rate
performance summary. The LGA is used until
~day 15 after launch; then the ‘normal mode’
MGA is used until the SPE has reduced below
115°. During phase A, antenna designs will be

Table 4-8 shows that the link will support 200Optimized for STEREO and the above options

kbps with the 34m BWG during the first ~76daysWi" be further investigated.

and from ~day 125 to 574. A number of options
are then available for the remaining times:  4.5.3 Navigation Support

(1) For ~day 574-823, We will use the two-way non-coherent Doppler
e use 34m HEF (if upgraded 34m BWGtracking technique developed by APL. It
is not available). involves making two one-way measurements
e increase transmitter power (cost, ddnstead of the usual two-way measurements. The
power). difference in uplink frequency is measured
 increase HGA size (mechanicalagainst an onboard reference oscillator and
limitations with present launch vehicle, stored in counters in the receiver card (Figure
although 1.3m may be possible once thé-6). This measurement is placed in the
mechanical design is finalized) spacecraft telemetry and used to correct the
* accept a lower bit rate downlink Doppler measurement. The correction
(2) For ~days 76-125, is made to the tracking file received by the APL
« design antenna to provide required gaimavigation team as described below.
(cost) ‘Differenced Doppler’ can be used to validate
e use 70 m DSN system and higher powethe non-coherent doppler tracking. This is
(cost, dc power). enabled by the USO and done through one-way
» slew spacecraft to direct HGA at Earthtracking at two DSN stations simultaneously.
(loose science during downlink) The onboard oscillator drift is cancelled by

redesign trajectory to move second peak
of high SPE earlier in mission (may not

be possible, science impact).

have second small (~9 in) gimballed dish
(mechanical constraints on spacecratft,
costly)

accept a lower bit rate

Table 4-8 Preliminary Bit rate Performance Summary for 20°/yr Leading Spacecraft
(Baseline is 40 w TWTA; 1.1m HGA)

DSN antenna S/C antenna| TWTA ~Day Earth Range Bit Rate
system (w) (AU) (kbps)
34m BWG LGA 40 <15 <0.01 >200

34m BWG MGA 40 15-76 0.01-0.06 >>200-200
70m MGA 60 76-125 0.06-0.14 >>200-204
34m BWG 1.1m HGA 40 125-574 0.14-0.63 >200-200
34m HEF 1.1m HGA 40 574-823 0.63-0.77 300-200
34m BWG 1.1m HGA 54 125-792 0.14-0.72 >200
34m BWG 1.3m HGA 40 125-792 0.14-0.72 >200
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differencing the data from the two stations,in the normal manner. Its operation is unaffected
resulting in very accurate Doppler data. by the use of noncoherent navigation. The
MDC produces files containing Doppler
requency over specific intervals of time for use
by the navigation team. Rather than being used
* 0.1 mm/s (over 60 sec measurement intervaljirectly by the navigation team, this Doppler data
Doppler accuracy will be delivered to the STEREO project along
e 7500 km position with the telemetry frame time-stamps, the

The non-coherent navigation technique requiretsmeme.ter.('jd counter valu_es ar!d the means of
ssociating counter pairs with the proper

some additional hardware in the s acecra&‘ ) i
P tglemetry frame time-stamp. Software will be

receiver, but does not require any changes to th .

DSN systems that generate the uplink signal sed to make a correction to the Doppler, so that

and receive the downlink signals. The up”nkl will be identical to that which would have been

signal will be generated using standard DS bserved if the_ spacecraft had employed_a
ransponder. This corrected Doppler data will

capability. The operation of the DSN receiver ISthen be delivered to the navigation team, in the

affected only by the fact that the exact downlin .
frequency is determined by the spacecraﬁormat of the files produced by the RMDC.
oscillator and not by the uplink frequency and a’he methodology of the navigation team is
transponder turn-around ratio. The Dopplemunaffected by use of the noncoherent navigation
measurement is made within the DSN receivemethod. Therefore, the operation of the RMDC
in the normal manner. The use of the nonand the navigation team are unaffected, although
coherent navigation therefore has no significanan additional computational step has been
effect on the DSN station or its operationsinserted between them. The software needed to
During phase A, the technigue will be discussegerform this computation will be developed and
with DSN. This technique is familiar to DSN asapplied by the Stereo project. This software can
breadboard testing has been done at their facilityeside at either the DSN or APL.

Experiments were performed at DTF-21 side-

by-side with transponder to show the4.5.4 Broadcast Mode

performance of the non-coherent havigation, uplink is required. The 500 bits/sec broadcast
technique. The COmet Nucleus TOU.RdownIink at X-band is supported through the
(CONTOUR) program plans to use thIShigh gain antenna to a distance of 1.98 AU using
technique. R=1/2, k=7 convolutional coding plus RS. This
The impact on the spacecratft is that two 16-biassumes a ground system temperature of 440 K
counters and a small amount of digital logic arand a G/T ~ 38.4 dB/K.

included in the spacecraft receiver to perform 3
comparison of the uplink signal and the
downlink signal at the spacecraft. The counte

For the two year mission, the technique ca
provide navigation support as follows:

n optional 500 bits/sec downlink at S-band to
NOAA resources has been analyzed. This option
Would require an S-band downlink card, S-band

values are latched at the start of each telemet%’mplifier (40 w has been assumed) and design
frame transmission, regardless of the frame YP&¢ 3 dual frequency X and S-band feed for the
These counter values are subsequently plac%A. The NOAA ground system antenna gain
into the telemetry for use on the ground. is 45.8 dBic, system noise temperature is 100 K
The Radiometric Data Center (RMDC) of theand R=1/6, k=15 convolutional coding plus RS
DSN will process the observed Doppler phasare available (private communications, Mr.
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Richard Grubb). Typical receiver performanceat more useful than one-dimensional ranging data
has been assumed. The link through the HGAalthough not yet proven to be as accurate). Both
supports 500 bits/sec to 0.70 AU. This is ~78%TDS and OCEAN will be assessed for
days for the leading spacecraft and ~632 dayiaclusion of angle tracking data, and possible
for the lagging spacecratft. code modifications will be determined.

4.6 Navigation 4.7  Mechanical Subsystem

The Pre-Phase A portion of the navigation task _ _
involved finding potential software packages to 1.1 STEREO Spacecraft Configuration

be used operationally for orbit determination. ItSpacecraft Structure Description (Figure 4-
also involved generating STEREQ's navigationd1). The STEREO spacecraft structure is
requirements. Available packages were narrowegctangular (56<46 inches) in shape with two
down to two candidates - GTDS and OCEAN hinged solar panel arrays attached to thindb
Requirements generation is on-going and willong sides. The spacecraft structure is composed
be reported at the end of Pre-Phase A. of five basic elements; the X-frame structure,

GTDS (Goddard Trajectory Determinationthe picture frame structure, honeycomb side and

System) was developed in the 1970s and igndpanels, the solar array panels and the close-

currently being used to support ~40 missionsOUt Panels.

Source code, make-files, and documentatioN_Frame. The primary structural element serves
have been installed on APL computers, and theigs the backbone for transferring all spacecraft
are no known licensing problems for using|pads directly into the four point attachment to
GTDS operationally. GTDS is currently beingihe STAR-37FM solid rocket motor adapter. The
evaluated against the swingby package used f§_frame consists of three 0.780 inch thick

mission design. honeycomb panels bolted together to form the

OCEAN (Orbit/Covariance Estimation and ‘X" shape. The vertical and bottom edges of the
Analysis) is a relatively new package developedanels contain bonded inserts to interface with
by Naval Research Laboratory (NRL) circathe baseplate panel and the vertical side panels
1995. NRL evaluation is still ongoing. It is described in the paragraphs below. The X-frame
Currenﬂy backup Operationa| Support for 12 Lov\panels are fabricated with 0.015 inch thick 6061-
Earth Orbit (LEO) missions. An executableT6 aluminum alloy face sheets and 0. 750 inch
version has been installed on APL computerghick 5056 aluminum alloy core material.

Certain licensing agreements will have to be\Picture Frame.The second structural element

addlresged :or It to be.)” used Operatlonarl]ly(:onsists of a lightweight open framework which
g\'/l'aDuSatel?/glﬁagoiErgI: \évéezogme?eiigncet €is closed at the bottom with a honeycomb panel
P ' baseplate. The 1.530 inch thick baseplate
A unique feature of both STEREO spacecraftontains bonded inserts around the perimeter and
will be their capability to telemeter high-fidelity through the center to interface with the picture
spacecraft (S/C) to Sun unit vectors (good to &#ame and X-frame, respectively. The
few micro-radians) for inclusion in ground honeycomb panel baseplate also provides the
processing. This angle data can serve aspacecraft separation plane interface with the
surrogate ranging data, but also provides a twaolid rocket motor adapter. The four chamfered
dimensional input to the tracking filter, making corners of the rectangular framework work as
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vertical struts adding stiffness to the honeycompanels are fabricated with 0.01¢hick 6061-

panel openings. The picture frame structure i¥6 aluminum alloy face sheets and 5056
fabricated from 0.093 inch thick 6061-T651aluminum alloy core material. The honeycomb
aluminum alloy material and the honeycombfront and back panels are fabricated with 0.015
panel baseplate is fabricated with 0.015 inclnch thick 6061-T6 aluminum alloy face sheets,
thick 6061-T6 aluminum alloy face sheets and.750 inch thick and 1.250 inch thick 5056
1.500 inch thick 5056 aluminum alloy corealuminum alloy core material, respectively.

material.
Solar Array Panels. The fourth structural

Honeycomb PanelsThe third structural element element is thehoneycomb panel substrates for
is the four (4) large honeycomb vertical panelshe solar cells. The 1.260 inch thick solar array
that fill the openings in the picture frame, thuspanels are attached to the top edge of the main
providing torsional stiffness to the assembledtructure via spring loaded hinge assemblies and
elements described above. The side panettowed in a vertical position for launch. The
adjacent to the solar arrays, are 0.520 inch thidkoneycomb panels, to which the solar cells are
and contain bonded inserts around the perimetattached, are fabricated with 0.005 inch thick
and through the center of the panel to interfac2024-T81 aluminum alloy face sheets and 1.250
with the picture frame and the X-frame,inch thick 5056 aluminum alloy core material.
respectively. The 1.280 inch thick back panelThe solar panels are preloaded against the
and the 0.780 inch thick front panel both contairstructure for launch and are released for
bonded inserts as well. The honeycomb siddeployment by pyrotechnic devices. The torsion

Aluminum Honeycomb Solar
Aluminum Honeycomb Back Panel Array Panel {2 places) 4\

Aluminum Honeycomb
Closeout Panel (2 places)

Aluminum Honeycomb X-Frame
Structure {3 pieces)

Aluminum Honeycomb Front Panel

Panel {2 places)

Aluninum Picture Frame
Structure

Figure 4-11 STEREO Spacecraft Structural Members
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spring hinges allow the panels to rotate 90° t¢.7.2 STEREO Payload Description
the deployed position where they are locked in (Figure 4-14 for Spacecraft Axes
place. Designation)

Close-OutPanels.  Thefinal structural element The rectangular spacecraft bus is layed out in a
is the honeycomb panels used to enclose a largeanner that prioritizes the fields of view for the
portion of the upper end of the spacecrafSolar Corona Imaging Package (SCIP), the
structure. Two 0.520 inch thick panels provideHeliospheric Imager (HI) and the high gain
stiffness to the open end of the spacecraftommunications antenna. The SCIP instrument
structure to minimize wracking. The close-outis mounted centrally on the outside face of the
panels The panels are fabricated with 0.010 inchZ panel at a location that makes it the highest
thick 6061-T6 aluminum alloy face sheets angoint on the payload. This location allows the
0.500 inch thick 5056 aluminum alloy coreimager to have approximately a 180° clear field
material. of view and is pointed directly at the Sun at all

The STEREO spacecraft is attached at fou'ijmest(t';'ggas'_le)- It may be ?ecessta(;y t|(<)
points to the STAR-37FM orbit injection stage™ 21N € imager on an instrument deck,
of the launch vehicle (Figure 4-12). The uppeIWh'Ch is isolated both thermally and structurally

f f h it iniecti tage, | . ed‘rom the rest of the _spacepraft structure. This
ange of the orbit injection stage, is equipp would be done only if the inherent spacecraft

with four equally spaced separation nu it dth | distort di dize th
assemblies forming the separation plang erand therma distortion would jeopardize the

interface with the STEREO spacecraft. Thdnstrument pointing accuracy. A passive radiator

separation nut system is then used to despin t seprovided at the aft end pf the imager to cool
STEREO spacecraft after orbit assemblies a e Charged Coupled Device (CCD) detector to

positioned beneath the X-frame portion of the_70 C during operation.

structure thus providing direct load paths fromThe HI instrument is mounted on the outside
the spacecraft into the adapter. The orbiface of the —Z panel and pointed 90°to the Sun-
injection stage is equipped with a cold ga<€arth line. The imager is located on the panel to
thruster system to spin up the spacecraft aftgarovide the required 165° clear field of view and

separation from the Athena Il fourth stage. Tha passive radiator to cool the CCD detector to —
cold gas thruster injection and for the evasive’0°C during operation.

maneuver after spacecraft release. The parabolic dish high gain antenna is mounted

The STEREO spacecraft is attached to the orb#tlong the spacecraft Z-axis and is positioned
injection stage by four bolts through the baseplatapproximately in the center of the payload. The
panel into the separation nut assemblies (Figu@ntenna is driven through its 115° of rotation
4-12). The baseplate panel is fitted with aalong the Z-axis) by a Tecstar rotary actuator
bonded-in ring which provides the propercapable of a 0.0094" step size and 0.009°position
spacecraft mechanical interface with the STARfresolution. The location of the antenna was
37FM adapter structure. At payload separatiorselected to minimize the effect of the moving
the STEREO spacecraft will retain the releasedish on the spacecraft center of mass and on the
bolt portion of the mating hardware at eachspacecraft center of pressure. The top edge of
location, thus allowing the spacecraft to movahe —Z panel has been notched to allow the
smoothly away from the orbit injection stage. antenna dish to operate effectively at the extreme
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limit of its 115° travel. The Solar Wind Plasmapound thruster is positioned at a 15° x 15°
Analyzer (SWPA) is mounted near the top insideompound angle to provide 3-axis attitude
corner of the +Z panel with the Faraday cupgontrol and momentum dumping capability.

positioned to collect samples from all directionsy, . side surface of the —Z panel contains two

along the ecliptic plane. The Energetic Particlemid_gain (fanbeam-type) antennas and a low

petﬁctor (EPD) fis ﬁlso Zmounteld near f[he tr(])%ain (patch-type) antenna to supplement the high
Inside corner of the +Z panel opposite t egain dish antenna. A second low gain (patch-

SWPA. The EPD is equipped with a r(_)t_aryt pe) antenna is mounted on outside surface of
actuator so that the detector can be repositiongf{,, *, - panel. The —Z panel also contains

to operate properly when the spacecraft Ioas;?enetrations for mounting the spacecraft battery

bf].h'nd the Eart? durll?g thet;r t\r/]vo-yelar r(;nssmtr)land the X-band transmitter assembly through the
This actuator also allows both payloads to anel from the outside. By rack mounting the

identical regardless of whether itis a leading o attery and the transmitter in this fashion,

lagging spacecraft. The EPD is positioned at 45cooling air can be directed over their mounting

to the right of_the Sun-Spacecra_lft line t_o COIIeCblates during spacecraft testing on the ground.
samples carried by the magnetic flux lines. These same mounting plates function as passive
The Radio Burst Tracker (RBT) is composed ofadiators for the battery and transmitter during
three plasma antennas that are deployearbital operation.

orthogonal to one ancther. Two RBT antennarhe interior walls of the spacecraft are used to

are mountled ?n4t5rle OULS'ds fage oli_the +i q%n%ount the control electronics for the scientific
at an angie o to the Y-axis (Figure 4- )instruments, electronics for attitude control

The Orbital Sciences Corporation hingeloc evices and sensors, electronics for power
deployers are used to extend the antennas tq

| hof 10 ¢ h  struct s%itching/distribution, momentum wheels,
engt 0 _meters romt € spacecralt STUCtUre, o +ial measurement unit, cold gas storage tank/
The third hingelock deployer is mounted on th

o Sistribution components and electronics for
inside surface of the —X panel and deploys thSOmmand and data handling.

antenna to a length of 10 meters through a
penetration in the —X panel. The third antenna
is deployed at a 45° angle to the Z-axis. 4.7.3 STEREO Spacecraft Launch

The Magnetometer (MAG) is attached to an Configuration (Figure 4-13, 4-18)

Astro bi-stem actuator which is mounted to theThe STEREO Spacecraft fits snuggly into the
inside surface of the —X panel. Thedynamic envelope of the 92 inch fairing on the
magnetometer deployed to a length of 3-6 metethena Il launch vehicle. The spacecraft, with
from the spacecraft structure through ahe orbit injection stage attached, pushes the
penetration in the —X panel (Figure 4-17). Thepayload deep into the conical section of the
magnetometer boom is deployed at a 90° to thiairing. This situation has limited the size of the
—X panel. The exact length of the magnetometdrigh gain dish antenna in order to satisfy the
boom will be determined based on the magnetiscience instruments field of view requirements.
signature of the payload. The —X panel alsdhe spacecraft components have been positioned
contains a penetration for the star tracker camegach that the minimum clearance between any
to look along the X-axis in the anti-Sun direction.component and the fairing dynamic envelope is
The outside surface of the —X panel contains 8.500 inch. The high gain dish antenna is shown
cold gas thruster near each corner. Each twia the 90° position to minimize the center of mass
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offset during launch and orbit injection. ThisThe Athena Mission Planner's Guide
equates to requiring less spin balance weight®commends that the spacecraft structural
during the orbit injection maneuver aboard thestiffness produce fundamental frequencies above
STAR-37FM boost motor. 12 Hz in the lateral direction, 30 Hz in the thrust
4.8  Structural Analysis direction, and avoiding 45 to 70 Hz in the thrust

. direction. A NASTRAN finite element model
The STEREO spacecraft mass properties are, :
shown in Table 4-9 The mass propertyOf the launch conflgur_ed ST_EREO spacecraft
calculations do not include the Thiokol STAR-CaICUIa_ued the following primary structural
37FM motor and it’'s structure. The center omedeS'
gravity is located with respect to the STEREOThe un-deformed STEREO finite element model
spacecraft/Thiokol assembly separation planas shown in Figures 4-19 and 4-20. The deformed
The spacecraft is assumed to be statically balancedode shapes are shown in Figures 4-21 through

such that Cgx and Cgy are very close to zero. 4-31.

Table 4-9 STEREO Mass Properties

Parameter Units Launch Configuration Orbit Configuration
Mass kg 350 350

Cogx cm 39 43

Cagy cm 0 0

Coz cm 0 0

IXX kg*m2 118 153

lyy kg*m2 108 108

1zz kg*m2 115 143

Table 4-10 STEREO Mode Descriptions

STEREO Primary Structural Modes, Launch Configuration
Frequency (Hz) Description

16.4 Flexure of solar panels
26.0 Flexure of +Z deck
27.5 Flexure of High Gain Antenna support
29.8 Flexure of High Gain Antenna support
36.2 Flexure of High Gain Antenna support
41.4 Minor spacecraft rotation about Z axis
59.3 Spacecraft racking mode (mostly —X deck flexure)
63.0 Major spacecraft rotation about Z axis
63.9 Mostly spacecraft rotation about Y axis
67.6 Spacecraft rotation about Y axis

102.0 Spacecraft thrust (X)
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Separation Plane Interface
with STEREO Spacecraft

TAR 37FM Soid
Rocket Motor

Separation Nut
(4 places)

\—stora e Tank for

Cold Gas Thruster
System

Adapter Assembly

Figure 4-12 Orbit Injection Stage
The STEREO spacecraft is attached to the orbit injection stage by four bolts.

STEREO Spacecraft w/Solar
/ Panels Stowed

TAR-37FM Orbit
Injection Stage

Figure 4-13 Launch Configuration
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Figure 4-14 Spacecraft Axes

Solar Coronal Imager

/—E»ergetic Particle Detector {EPD)
Package (SCIP)

Solar Wind Plasma
Analyzer (SWPA)

Inertial Measurement
Unit

igital Sun Sensor
(2 places)

id Gain X-Band Antenna
(2 places)

Solar Array
(2 places)

Low Gain X-Band —ticiiospneric imager {Hii
Antenna L
Sp

Figure 4-15

acecraft Battery
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!-—Solar Coronal Imager Package (SCIP)

ow Gain XBand Antenna

Radio Burst Tracker {RBT}
Antenna Deployer

SCIP €CD Passive Radtor/

Digital Sun Sensor‘—/

Radio Burst Tracker (RBT)
Antenna Deployer

Figure 4-16 STEREO +Z Instruments

Instrument Deck‘\

Penetration for Third Rado—
Burst Tracker (RBT)
Antenna Deployment

@@] ) | m—{old Gas Thruster

\ {4 places)

Digital Sun Sensor
{2 places} —Penetration for Magnetometer

Boom Deployment

Figure 4-17 STEREO Spacecraft—X Axis
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[ 38800 ~

78800
[ T™———STEFED Spececraft
103900
~T——STAR 37FM Orbit injection Stage
\Athena Il Fairing (927
With Model 47 Payload
Adepter
81000 *®
Figure 4-18 STEREO in Launch Shroud
V1
C1
X
z Y

Figure 4-19 STEREO Finite Element Model (hidden lines removed)
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V1
C1

Figure 4-20 STEREO Finite Element Model

V1
C1

X
z Y

Output Set: Mode 1 16.37134 Hz
Deformed(7.826): Total Translation

Figure 4-21 16.4 Hz, Solar Panel Flexure
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Vi
C1

X
z Y

Output Set: Mode 3 26.03054 Hz
Deformed(4.336): Total Translation

Figure 4-22 26.0 Hz, +Z Deck Flexure

V1
C1

X
z Y

Output Set: Mode 4 27.50887 Hz
Deformed(7.865): Total Translation

Figure 4-23 27.5 Hz, High Gain Antenna Support Flexure
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V1
C1

X
z Y

Output Set: Mode 5 29.8417 Hz
Deformed(6.321): Total Translation

Figure 4-24 29.8 Hz, +Z Deck and High Gain Antenna Rotation about Y Axis

V1
C1

X
z \%

Output Set: Mode 6 36.23585 Hz
Deformed(4.535): Total Translation

Figure 4-25 36.2 Hz, +Z Deck and High Gain Antenna Rotation about Y Axis
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V1
C1

X
z Y

Output Set: Mode 9 41.41736 Hz
Deformed(4.492): Total Translation

Figure 4-26 41.4 Hz,Spacecraft Minor Rotation about Z Axis

V1
C1

X
z Y

Output Set: Mode 11 59.32527 Hz
Deformed(3.01): Total Translation

Figure 4-27 59.3 Hz, Spacecraft Racking (mostly —X deck flexure)
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V1
C1

X
z Y

Output Set: Mode 12 63.01521 Hz
Deformed(2.475): Total Translation

Figure 4-28 63.0 Hz, Major Spacecraft Rotation about Z Axis

V1
C1

X
z Y

Output Set: Mode 13 63.9092 Hz
Deformed(3.4): Total Translation

Figure 4-29 63.9 Hz, Spacecraft Rotation about Y Axis
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V1
C1

Z

X
Y
.

Output Set: Mode 14 67.62801 Hz

Deformed(2.973): Total Translation

Figure 4-30 67.6 Hz, Spacecraft Rotation about Y Axis

Vi
C1

z Y

Output Set: Mode 24 101.9781 Hz
Deformed(2.665): Total Translation

Figure 4-31 102.0 Hz, Spacecraft Thrust (X)
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4.9  Thermal Design for severe hot and cold Shuttle Bay environments

The STEREO spacecraft thermal design will b epending on Shuttle attitude. A Space Shuttle

- , : unch will require a much more rigorous
simple and robust using no louvers or heat plpeﬁ i .
and very little heater power. The design will® ermal analysis to be iterated between STEREO

accommodate solar distance variations betwee‘fi"nrIOI Sp_ace Shuttle therm_a | personnel in order to
0.85and 1.18 AU, a solar pointing attitude:6? de_termlne the most benlgr_1 a_cceptable Shuttle
off Sun line of sight, constant electrical IoadsattItUOIe for the STEREQ mission.

during operation, and a two year mission life. TheAll spacecraft components will be thermally
thermal design for each of the two proposedested per the STEREO Component
spacecraft will be identical, using an ESDEnvironmental Specification. The purpose of the
(electrostatic discharge) mitigating coating on theesting is to determine workmanship flaws in
external surface of the Multi-Layer Insulationflight hardware. As an example, a typical
(MLI), allowing for the complete grounding of electronics box will be cycled six times between
the MLI. All thermal hardware will meet program hot and cold operational plateaus with one
cleanliness requirements. survival cycle. Typical soaks are four hours at

Spacecraft radiators will be body mounted an(?aCh plateau. The mtegr_ated spacecratt level
ghermal vacuum test will be conducted at

located away from environmental heat source . .
The radiators will be designed to maintain th(;;“cr;OCIOIarCI Space Flight Center in chamber 290.

internal spacecraft temperature between —10 a &e li?‘se"“t‘j hgs bfr:h pr acelt_: raft b?'rllg tetsted at
+35°C during operation, and —25 to +gs ©n€ time. Under the baseline, at least one

during survival conditions SIC)‘,checraﬂspacecraftwould be thermally balanced and both

operational heater power will be used sparingl ou:g beht_hermally qycled. Ithhe thehrrrtlal cdyclelz
because of constant electrical loads and a wid&°!'d achieve a minimum ot three hot and co

bus operating temperature range. Survival heat&?’cIeS Wl'ﬂ: Zmlnlmurrln ?ft108 operational hours
power will be used when electrical loads argiccumulated at each plateaul.
reduced and the internal spacecraft temperatu

£10 Propulsi t
falls below the minimum design threshold. 0 ropulsion Subsystem

The STEREO propulsion system is required to
. ) ’ provide 3 axis torques to stabilize the spacecraft
isolated from the spacecraft. This approach wil

iolify th f desi d sub ¢ fter separation and to provide 3 axis torques
SIMpITy the Spacecralt design and Sub-SySterg, . o mentum wheel desaturation periodically
level testing, allow for wide interface temperatures

throughout the two year mission. The

and _potentlally reduce overall he?‘ter. POW et omentum wheels require desaturation because
requirements. Instruments whose desired interfa

Yhis-match between the spacecraft center of
temperature ranges match of the spacecraft m%’ressure and center of mass will cause a
be candidates for non-isolation. Currentl

st tth I . " TBD Ymomentum build-up, resulting in excessive
Instrument thermal requirements are ' wheel speed. A 1500 N-sec cold gas propulsion

The baseline launch vehicle for STEREO is asystem with four double canted thrusters has
Athena Il with the potential for a change to thebeen selected to satisfy all tip off rate nulling
Space Shuttle. There are no foreseeable thermahd momentum dumping requirements. System
requirements for Athena that would drive thesizing includes margin provided by the
spacecraft’s overall thermal design. Howeverfequirement to load five years worth of
preliminary thermal analysis shows the potentiaéxpendables as well as a 10% leakage allowance.

The instruments, in general, will be thermally
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As shown schematically in Figure 4-32 thethrust vs. inlet pressure is shown in Figure 4-
propulsion system consists of a high pressurgd3. The double canted thruster arrangement
gas storage tank, a fill/vent valve, a main systerashown in Figure 4-34 will provide the required
filter, an isolation latch valve, a pressureforces and torques. Table 4-11 details the
transducer, a test port and four dual seat solenoglculations used to determine how much center
thruster valves. A study of control requirementof pressure (Cp)/center of gravity (Cg) off-set
showed that the system can function unregulatechn be accommodated by the selected 8.0 L (490
over the sizing pressure range of 34,500 to 69 3) pressurant tank. Future iterations will
kPa (5000 to 100 psia). Each thruster will benclude variable solar pressure tied to the actual
calibrated to provide 4.448 N (1.00 Ib) of thrustlaunch date as well as updated mass properties
at 31000 kPa (4500 psia) withtt3%. Nominal and effective surface areas.

Fill Valve High Pressure
Transducer

Filter

Sﬂ High Pressure Latch Valve

Test Port

IN @ 200 PSIA Thrusters
Figure 4-32 Propulsion System Schematic
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Figure 4-33 Thrust is Linear Over the (5,000—-100 PSIA) Range

+X %,

Instrument

Boresight

+Y <«

+Z

15 Degree Double Canted
4 Thruster set provides
Pitch, Yaw, Roll and 1 Axis Delta V

Thruster Torque Axis
T2 T3 +Pitch Around Y
T1 T4 -Pitch Around Y
‘ T1 T2 +Yaw Around Z
T3 T4 -Yaw Around Z
T2 T4 +Roll Around X
T1 T3 -Roll Around X

T1,2,3,4 Along X

Figure 4-34 Thruster Configuration and Torque
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Table 4-11 Sizing Spreadsheet Shows Accommodation of 16.0 cm CG, CP Offset

Parameter Metric English
Spacecraft Initial Mass—Kkg, Ib 350.00 771.61
Injection Trim Delta V—m/sec, ft/sec 0.00 0.00
Separation Spin Rate, RPM 0.00 0.00
X Approximate Stowed Spin Inertia—kg4M 180.00
Despin—N-m-sec, Ib-ft-sec 0.00 0.00
Max Tip-off Rate—°/sec 2.00 2.00
Y, Z Approximate Stowed Inertia kg-M 160.00
Tip-off Rate Nullification—N-m-sec - Ib-ft-sec 5.59 412
S/C Projected Area—M2,2t 6.00 64.59
Solar Radiation Pressure—N/M2 - |B/ft 4.617E-06 9.646E-08
Reflectance Factor 0.60 0.60
Off Normal Sun Angle—Deg 0.00 0.00
CP/CG Offset—cm, ft 16.00 0.525
Mission Duration—years 5.00 5.00
Mission Duration—sec 1.58E+08 1.58E+08
Thruster Moment Arm—M—ft—in 0.75 2.46
GN2 Isp—sec 65.00 65.00
Thrust—N, Lb 4.448 1.000
Flow Rate—qg/sec, Ib/sec 6.978 0.01538
System Leak Rate—sccs 4.00E-05
Mission Leak Total—scc 6311.520
Leakage Allowance—% 10 10
Nominal GN2 Temperature—Deg C, F 21.1 70.0
Maximum GN2 Temperature—Deg C, F 40.0 104.0
Minimum GN2 Temperature—Deg C, F -28.9 -20.0
Initial Tank Pressure @ Nom. Temp.—kPa, psia 32404 4698.6
Final Tank Pressure @ Min. Temp.—kPa, psia 690 100.0
MEOP @ Max. Temp.—kPa, psia 34483 5000.0
Burst/MEOP Factor of Safety 2.0 2.0
GN2 TANK CALCULATIONS
Despin—N-sec, Lb-sec 0.0 0.0
Tip-off Nullification—N-sec, Ib-sec 7.4 1.7
Solar Radiation Pressure Torque—N-M, Ib-ft 7.09E-06 5.23E-06
Momentum Dump Impulse—N-sec, Ib-sec 1492.38 335.66
Injection Trim GN2—Kg, Ib 0.000 0.000
Despin GN2—kg, Ib 0.000 0.000
Tip-off Nullification GN2—kg, Ib 0.012 0.026
Momentum Dump GN2—Kkg, Ib 2.341 5.164
Leakage Allowance GN2—kg, Ib 0.234 0.516
Required Mission GN2 Total—kg, Ib 2.587 5.706
Required Tank Volume—L, in3 8.03 490.00
Spherical Tank ID—cm, in 24.84 9.78
Tank OD—cm, in 26.11 10.28
Tank OAL—cm, in 27.38 10.78
Tank Mass—Xkg, Ib 2.40 5.30
Total Loaded GN2 Mass—Kkg, Ib 2.652 5.846
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